
Citation: Selvadurai, S.; Chandran,

A.; Valentini, D.; Lamphrecht, B.

Passive Thermal Control Design

Methods, Analysis, Comparison, and

Evaluation for Micro and

Nanosatellites Carrying Infrared

Imager. Appl. Sci. 2022, 12, 2858.

https://doi.org/10.3390/

app12062858

Academic Editors: Simone Battistini,

Filippo Graziani and Mauro

Pontani

Received: 6 February 2022

Accepted: 8 March 2022

Published: 10 March 2022

Publisher’s Note: MDPI stays neutral

with regard to jurisdictional claims in

published maps and institutional affil-

iations.

Copyright: © 2022 by the authors.

Licensee MDPI, Basel, Switzerland.

This article is an open access article

distributed under the terms and

conditions of the Creative Commons

Attribution (CC BY) license (https://

creativecommons.org/licenses/by/

4.0/).

applied  
sciences

Article

Passive Thermal Control Design Methods, Analysis,
Comparison, and Evaluation for Micro and Nanosatellites
Carrying Infrared Imager
Shanmugasundaram Selvadurai 1,* , Amal Chandran 1,2, David Valentini 3 and Bret Lamprecht 2

1 Satellite Research Centre, School of Electrical and Electronics Engineering, Nanyang Technological University,
Singapore 639798, Singapore; achandran@ntu.edu.sg

2 Laboratory for Atmospheric and Space Physics, University of Colorado, Boulder, CO 80309, USA;
bret.lamprecht@lasp.colorado.edu

3 Thales Alenia Space, 06150 Cannes, France; david.valentini@thalesaleniaspace.com
* Correspondence: sselvadurai@ntu.edu.sg

Abstract: Advancements in satellite technologies are increasing the power density of electronics and
payloads. When the power consumption increases within a limited volume, waste heat generation
also increases and this necessitates a proper and efficient thermal management system. Mostly, micro
and nanosatellites use passive thermal control methods because of the low cost, no additional power
requirement, ease of implementation, and better thermal performance. Passive methods lack the
ability to meet certain thermal requirements on larger and smaller satellite platforms. This work
numerically studies the performance of some of the passive thermal control techniques such as
thermal straps, surface coatings, multi-layer insulation (MLI), and radiators for a 6U small satellite
configuration carrying a mid-wave infrared (MWIR) payload whose temperature needs to be cooled
down to 100K. Infrared (IR) imagers require low temperature, and the level of cooling is entirely
dependent on the infrared wavelengths. These instruments are used for various applications includ-
ing Earth observations, defence, and imaging at IR wavelengths. To achieve these low temperatures
on such instruments, a micro-cryocooler is considered in this study. Most of the higher heat dissi-
pating elements in the satellite are mounted to a heat exchanger plate, which is thermally coupled
to an external radiator using thermal straps and heat pipes. The effects of the radiator size, orbital
inclinations, space environments, satellite attitude with respect to the sun, and surface coatings are
discussed elaborately for a 6U satellite configuration.

Keywords: thermal control systems; nanosatellite; micro-satellite; heat pipes; radiators; thermal
straps; infrared imagers

1. Introduction

Satellite thermal control methods that are currently used by conventional space mis-
sions are well established and proven. The term “NewSpace” is being adopted by many
agencies and industries in recent days. According to experts, NewSpace is an approach
focused on lowering the barriers of entry into space, by providing cheaper access to space
and by commercializing the space sectors [1]. This has also further increased the interests
among many small satellite manufacturers, research organizations, universities, and start-
ups to build complex missions at a lower cost using nanosatellites and CubeSat platforms,
especially for technology demonstration, science, research, educational projects, and com-
mercial applications [2]. These nanosatellites typically weigh 1 to 10 kg and follow CubeSat
size standards where 1U is a 10 × 10 × 10 cm3 cube. There are other challenges in the new
era of space technologies but this article focuses only on thermal management challenges
on small satellites. Due to miniaturized electronics, high power components, and payloads,
the satellite becomes heavily packed within the smaller satellite volume, and this leads
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to thermal problems as the available radiative surface area is reduced [3,4]. There is a
necessity to solve thermal challenges for high power, scientific, and cryogenic small satellite
missions. Taking advantage of small satellites, earth exploration missions are now being
carried out using nano/microsatellites and are expected to grow exponentially [5–7]. Earth
observation (EO) refers to the use of remote sensing technologies to monitor land, marine
and atmosphere. Most of the earth observations are done in the infrared region of the
electromagnetic spectrum. Infrared detectors that are designed to operate in the wavelength
ranging from 0.76 µm to 103 µm need to be cooled down for better performance. The rela-
tionship between infrared wavelength and temperature is defined by Wien’s displacement
law in Equation (1) as follows,

λT = b (1)

where, b is Wien’s constant (2898 µmK), λ—Detection wavelength, and T—Low tem-
perature. From this relation, it is clear that the radiation wavelength shifts toward the
shortwave direction as the temperature rises. In general, the longer the infrared wavelength
is, the lower the operating temperature of the detector will be [8].

Infrared detectors operating at a non-zero temperature are subjected to dark current
(DC) noise which is directly related to pixel area, detector material properties and detector
temperature. DC noise is the dominant limitation in many detectors and a relationship to
calculate the DC is given in Equation (2) [9].

IDC = C× T2 × Ad × e
∆Q
kTd (2)

where, IDC—Dark Current intensity (A); C = Constant (1.2 × 106 A·m−2·K−2); Td—Pixel
Temperature (K); ∆Q—Energy band gap (eV); Ad—Pixel area (m2); Q—Electron charge
(−1.6022 × 10−19 J); k—Boltzmann constant (1.38064852 × 10−23 J/K); T—Detector temper-
ature (K).

Dark current is significantly reduced when operating at lower temperatures, and
hence most of the infrared detectors are required to be cooled to lower temperatures for
certain applications. The low temperature requirement becomes of utmost importance
for the detectors operating at the cryogenic temperature regime [8]. This study considers
a mid-wave infrared (MWIR) instrument whose detector is required to be maintained
between 0 to −100 ◦C for a few specific mission operations. Traditional passive thermal
control methods are studied both numerically and analytically to analyze the effectiveness
of the overall thermal control system in maintaining the payloads and components at
required temperature levels.

For missions with such infrared (IR) payloads and stringent thermal requirements,
active thermal control systems are used. Satellite active thermal control systems (ATCS)
rely on input power for operation and have been shown more effective in maintaining the
required temperature within required limits [10] but this increases the total power budget
of the satellite and eventually the cost. In general, small satellites cannot generate more
power due to limited solar array size. Some of the active thermal systems are thermo
electric coolers, electric heaters, and pumped fluid loop systems. Besides cost and input
power, these methods require additional volume which is limited in small satellites. Unlike
active systems, a passive thermal control system (PTCS) does not require any additional
input power from the satellite and it also can be implemented at lower cost. Some of the
passive thermal control systems are, multi-layer insulation (MLI), thermal straps, radiators,
thermal louvers, heat pipes, phase change materials, and thermal switches [11]. No small
satellite missions with thermally sensitive IR instruments (operating at cryogenic range of
temperatures) have flown and it is only due to lack of thermal control systems. NASA’s
JPL has developed an active cryocubesat (ACCS) [12] for such a thermally sensitive IR
instrument, which is a breakthrough technology for many future cryogenic small satellite
missions. To save cost, power, and volume inside the satellite, a few PTCS are studied for a
nano/micro satellite carrying a an IR instrument.
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2. Satellite and Payload Considered

Technological advancements and miniaturization have led to the use of infrared (IR)
instruments in nanosatellite platforms [13]. Infrared instruments used for space imaging,
Earth observation (EO), astronomy, surveillance, and hyper- spectral remote sensing at
higher IR wavelengths come with thermally sensitive detectors, and these detectors are to
be operated in a controlled temperature environment for better performance [14].

Table 1 lists all of the instruments in different IR wavelength categories and their
detector temperature requirements. Cooled detectors are proven to have higher sensitivity
with an extremely reduced signal-to-noise ratio [15]. In some literature, the term thermal
infrared (TIR) is used and it is a combined form of both MWIR and SWIR.

Table 1. Infrared instrument—Detector temperature requirements [16,17].

IR Wavelength Category Wavelength (µm) Detector Temperature (K)

Near-Infrared (NIR) 0.75–1.4 300
Short Wavelength Infrared (SWIR) 0.75–1.4 300
Mid Wavelength Infrared (MWIR) 3–8 50–80
Long Wavelength Infrared (LWIR) 8–15 50–80

Far Infrared (FIR) 15–1000 0.05–20

Figure 1 shows how the heat flows from each element of the system to a deep space
radiator. Passive thermal control methods analyzed in this study are mainly for MWIR
detector’s thermal requirement and other mission requirements. For this payload as seen
in Figure 1, it is assumed that the detector is lying inside the instrument and it is coupled to
a micro-cryocooler through a high thermal conductivity strap. Heat generated from active
micro-cryoccoler parts and associated electronics is carried away to radiator then radiated
to space.

Figure 1. Payload configuration.

This study initially elaborates the theoretical background of the passive thermal
control methods such as multi-layer insulation (MLI), thermal straps, radiators, heat pipes,
and surface coatings. This is then supported with numerical analyses and performance
evaluation studies carried out for a nanosatellite configuration.

3. Passive Thermal Control Methods
3.1. Multi-Layer Insulation

Thermal insulation is crucial for cryogenic and infrared satellite missions. Multi-layer
insulation (MLI) blankets are the most efficient insulation material for space applica-
tions [18]. The MLI blanket is in general comprised of a number of low-emittance sheets
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combined with low-conduction netting layers to control the heat transfer for low tem-
perature applications such as cryogenic instruments. Thermal insulation performance is
quantified as effective emissivity (e∗) and is dependent on the number of inner layers as
well as geometric considerations (number of bends, holes, etc.). Effective emissivity is
defined as in Equation (3) [19]

e∗ =
QTotal

σ(T4
hot − T4

cold)
(3)

where, e∗—Effective emissivity; Q—Total incoming heat flux (W/m2) ; σ—Stefan-Boltzmann
constant (5.670374419× 10−8 W/m2·K4); Thot—Temperature of the MLI hot side (K); Tcold—
Temperature of the MLI cold side (K). Typical values for e∗ are closer to in the range 0.0150
to 0.03 [19].

MLI in satellites is widely used for the following reasons [20].

1. To prevent excessive thermal flux from/to various satellite components
2. To minimize thermal gradients through out the components
3. To reduce temperature variations due to change in orbital environment conditions.

Thermal conduction across the thickness of the MLI is very sensitive to the layer
compression. To minimize the MLI conduction heat transfer, any compressive pressure
or bending of blankets must be avoided [19]. This conduction term is defined as the total
temperature difference (∆T) between the outer blanket layer and the inner blanket layer
divided by the total number of layers. Assuming that the temperature distribution is
uniform throughout the blankets, the conduction heat transfer per unit area is given by
Equation (4) [21]. MLI efficiency reduces as the size decreases because heat transfer at the
blanket edges increases and hence MLI generally does not perform well on small satellite
platforms [10].

qc =
kc∆T

n
(4)

where, qc—MLI conduction heat load per unit area (W/m2), kc—Conductance of a single
MLI layer (W/m2K), ∆T—Temperature difference across the MLI layer (K), n—Number
of MLI layers. Heat flux due to conduction can be reduced by increasing the number of
inner layers and this reduction is linear with increasing layer numbers. Conductive heat
transfer is typically negligible and ignored in MLI blankets. Unlike conductive heat transfer,
radiation heat transfer is considered and is given in Equation (5) [21].

qr = 2.835× 10−5ε
T4

hot − T4
cold

n
(5)

qr—MLI radiative heat flux (W/m2), ε—Emissivity of MLI outer layers, Thot—Temperature
of the MLI hot side (K), Tcold—Temperature of the MLI cold side (K), n—Number of MLI
layers. From both conduction and radiation terms, it can be proven that the total heat flux
is minimized when the number of MLI layers are increased.

3.2. Surface Paints

The satellite’s passive thermal control system mainly uses specially prepared thermal
coatings to maintain the subsystem temperature within safe operating ranges. In space,
external satellite surface paints or coatings are greatly influenced by adverse environmental
effects, namely, Atomic Oxygen (ATOX), molecular contamination, and Ultraviolet radia-
tion (UV) [22]. Energy absorbed by the satellite surfaces depends on the external surface
characteristics and area. The major concern in using paints is the degradation of physical
and thermo-optical properties of the components and this degradation is dependent on
mission duration and orbit altitude. Thermal radiation heat transfer on satellites can be con-
trolled using materials that have specific thermo-optical surface properties, which are solar
absorptivity (α) and infrared emissivity (ε). These properties are dependent on materials
and processing techniques [23,24]. α governs how much solar incident heating a spacecraft
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absorbs, while ε determines how much heat a spacecraft emits to space [10]. By altering α
and ε, the overall temperature of the spacecraft can be controlled to some extent. There are
numerous space qualified paints and coatings that are commercially available and most of
them have space heritage. Radiative tapes also provide better performance. For example,
second-surface fluorinated ethylyne propylene (FEP) provides better performance as radia-
tor coatings [10] and for most small satellites, adhesive tapes or surfaces finishes (polishing,
anodize, alodine) have been considered. End-of-life (EOL) properties are considered in the
early design phase as the absorbed solar energy will gradually increase over the years due
to degradation of surface properties. In general, satellite components will run cooler in the
early phase of the mission life and additional heaters may be used to avoid temperature
drops for the critical components [25].

3.3. Thermal Straps

Thermal straps are excellent passive heat transfer devices that are commonly used
on space missions to conduct the heat from inaccessible regions of the spacecraft and
radiate into space. Thermal straps come in various shapes and lengths according to the
requirement. They are comprised of thin wires of high thermal conductivity metals or foils
which make them flexible and efficient thermal links. Thermal straps are made of different
metals and some of them are listed in Table 2 with their thermal properties.

Table 2. Thermal strap materials.

Material Name Thermal Conductivity, k, W/m·K

Graphene ∼3500
Pyrolytic graphene ∼1500

Graphite fiber ∼800
Copper ∼450

Aluminium ∼225

Note: ∼:- Actual values may change but they remain close to the tabulated values.

Thermal contact conductance (TCC) is a property of heat conduction between solid
bodies in thermal contact. This property is highly dependent on contact pressure and
surface flatness. TCC influences the overall performance of the thermal strap and the
relationship is given in Equation (7) [26].

Qstrap =
λA

l
∆T (6)

C =
Qstrap

∆T
=

Qhtr −Qleak
∆T

=
Qhtr −Qrad −Qhtrleads −QTCleads

∆T
(7)

where, λ—Thermal conductivity (W/mK), A and l are, respectively, the cross-section (m2)
and the length (m) of the heat path inside the medium, C—Thermal contact conductance
(W/K), Qstrap—applied heat load into the thermal strap (W), Qhtr—heat load from the
heater pad, Qleak—total heat lost from the heater pad due to radiation (Qrad), from the
heater wire leads (Qhtrleads), and thermocouple leads (QTCleads). ∆T is the difference in
temperature measured at the ends (◦C). Variation in thermal strap conductance is shown in
Figure 2. The lower the thermal strap conductance, the higher the difference in temperature
between two ends of the thermal strap will be.
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Figure 2. Thermal strap conductance.

3.4. Thermal Straps Conductance Characterization

The test unit consists of a copper thermal strap of the dimensions as described in
Figure 3, a thin polyimide heater pad, and two thermocouples for temperature measure-
ment. The entire unit was kept inside the thermal vacuum chamber (TVAC) which contains
a temperature-controlled high emissivity shroud and baseplate. The main idea of this test is
to find out the thermal conductance of a custom made thermal strap. Prior to the actual test,
a preliminary start-up test was performed at a vacuum condition, at 10−5 mbar, to analyze
how conduction heat transfer plays a major role in transferring the heat from one end to
another end. One end of the thermal strap was heated sufficiently using a thin polyimide
heaterpad (from minco, HK6903) and a thermal interface material (TIM) is used between
the heaterpad and the copper block to minimize the resistance as the entire unit is kept at
complete vacuum condition where there is no medium. Two T-Type thermocouples were
attached to both hot and cold ends of the thermal strap to measure the actual temperature.
The custom designed flexible copper braid that is cold pressed at each of its ends into
copper blocks is covered with MLI to block the heat from getting radiated out.

Figure 3. Thermal Strap—test sample.

Incremental heat loads were applied using an external power supply to the hot end,
and the cold end is connected to an another copper block (cold sink) to generate a thermal
gradient across the strap. Temperatures were measured from both the ends of the strap.
It is assumed that the radiation loss is negligible due to MLI and the entire test sample is
thermally isolated from the TVAC’s baseplate (a bare printed circuit board and a PEEK sheet)
using thermal insulators and thus conduction heat loss is also considered to be negligible.
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In the test setup, hot and cold end blocks of the copper strap were exposed to the
test chamber due to the fact that the radiation from the copper blocks is assumed to be
negligible as the surface emissivity of bare copper is 0.02 [27]. However, other measurement
uncertainties, such as TVAC system thermocouple reading uncertainties of <0.5 ◦C, and
external power supply error of 0.005 percent, are taken care of and ensured to be within the
minimum allowable limits. The stray heat leaks from the sources such as wire harnesses
(no harnesses used), and PC104 connectors (a standard interboard connector with 104 metal
pins for board-to-board communication and it is made up of black high temperature, glass
filled nylon) are neglected in this analysis. When the heater was turned ON with 0.5 W
initially, the temperature started to increase and then stabilized after approximately 50 min.
Temperature readings after stabilization were recorded from both ends and the same
sequence was followed for the rest of the incremental heat loads. For varying heat loads
from 0.5 W to 3 W, hot and cold end temperature from the TVAC system were recorded
and used to compute the thermal conductance using Equation (7) and plotted as shown
in Figure 4. With increasing heat load, the temperature difference between hot and cold
ends is increased, but the strap conductance of the strap remains close to a constant value.
Temperature gradient (∆T) for every incremental heat load (Qstrap) increases proportionally
and this is the reason why the strap conductance is nearly constant. From the experiment,
it is observed that the strap conductance varied between 5.17 W/K to 5.010 W/K for the
given heat load, and thus an average value of 5 W/K is used for all the thermal simulations
carried out in this study. This custom made thermal strap is expected to operate only under
3 W of heat load and hence, higher heat load (>5 W) test was considered to be unnecessary.

Figure 4. Thermal strap conductance.

3.5. Passive Radiator

Radiators used on the spacecraft are passive radiating elements. In space, there is no
medium present to convect or conduct away the waste heat from the spacecraft components
to deep space, and it has to be lost only through radiative heat transfer. Radiator panels
are specially designed for this purpose, and they come in various configurations such
as single active face (Body-mount radiators, BMR) and double active face (deployable
radiators, DR) [28,29]. Radiator design and its mounting location on the spacecraft body
greatly influences the performances of the radiating panel. Most importantly, radiators
are mounted in a location where external fluxes are minimized. Body-mount radiators
are designed as an integral part of the spacecraft (S/C) or can be designed separately
and mounted to the external surface of the S/C structural body [30]. Secondly, optical
properties of the radiators are considered important as the radiating power is dependent on
surface coating. Radiating power (Qrad) of the radiator is defined by the Stefan-Boltzmann
equation as in (8).

Qrad = ARadεσFv(T4
rad − T4

s ) (8)
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where, ARad—Radiator surface area, ε—emissivity of the radiator surface, σ—Stefan Boltz-
mann constant (5.670374419 × 10−8 W/m2·K4), Fv—view factor and it will normally be
close to unity and it can be lower if the respective surface is partially occulted by other
spacecraft components, Trad—Temperature of the radiator surface and Ts—deep space tem-
perature (assumed 3 K). Qrad is radiating power of the radiator and it is strongly dependent
on the surface temperature.

Thermal equilibrium condition is defined as the total incoming heat (Qin) equal to heat
leaving (Qout) the system and it is given by Equation (9). The following governing equations
are used for calculating the radiator area for any given environmental conditions [11,31].

Qin = Qout (9)

On comparing,
qsαAs cos(θ) = εσT4 A (10)

Steady state radiating surface temperature is computed by,

T =

[
qsα cos(θ)

εσ

] 1
4

(11)

At LEO, a satellite’s thermal equilibrium condition is given by Equation (12),

QInternal + QSolar + QAlbedo + QIn f rared = Qrad (12)

Radiator sizing depends on the total external heat load which is a sum of the solar flux
(QSolar), planet albedo (QAlbedo), planet IR flux (QIn f rared), and internal heat load (QInternal).

Equation (13) shows the heat balance between the radiator and the space environment
in steady state.

(Asqs + AAqA)α + AEqEε + Qinternal = AσεFvT4
rad (13)

Equation (13) can be further simplified as follows,

Qexternal + Qinternal = AσεFvT4
rad (14)

Alternatively,
q̇absorbed.A + Qinternal = AσεFvT4

rad (15)

where, Qexternal—Total external flux and it is a sum of Qsolar, QAlbedo, and QIn f rared. As, AA
and AE are the projected areas receiving, respectively, solar, albedo and planetary radiation.
Fv is the view factor from the radiator to the space environment (assumed perfect view into
space, Fv = 1) and AE is the projected area of the earth. qs, qa, and qE are solar flux, albedo
flux, and earth IR flux, respectively. q̇absorbed is the total flux or heat absorbed from solar,
albedo and infrared radiation per unit area.

Radiator area is calculated using Equation (16) [32],

Arad =
Qinternal

εσFvT4
rad − q̇absorbed

(16)

And the surface temperature of the radiator is calculated using Equation (17).

Trad =

[
qsα cos(θ) + Qw

Ar

σε

] 1
4

(17)

where α is absorptivity of the radiator surface, qs is the incident solar flux on the radiator
panel, Qw is the heat to be rejected. By knowing Qinternal and other environmental heat
loads, radiator area can be calculated using Equation (16) assuming that the view factor
is 1 for preliminary calculations. If the radiator design calculations are carried out for GEO
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satellites, Qalbedo and QIR are generally ignored as the effect of earth’s albedo and IR flux
are insignificant (approximately <0 [11]) because as the altitude increases, environmental
loads from earth decreases rapidly. One exception to this is the case of cryogenic systems,
which operate at very low temperatures that even small environmental heat loads from
earth are significant to the thermal design [11].

The radiator panel for the 6U satellite platform is optimized for two design parameters.

• Radiator size: Radiator panel is allowed to vary in size for maximum radiating capacity.
Length and width of the radiator are varied while keeping the thickness constant.

• Radiator Thickness: Radiator thickness is varied while keeping the surface area constant.

Radiating temperature of the radiator for both of these conditions are varied as the
input heat load remains same. To account for varying orbital thermal loads, performance
studies were carried out for two orbital worst-case conditions. A few assumptions made
for this performance study were,

• The radiator loses heat only by radiation mode of heat transfer
• Calculations are done for steady state conditions with constant properties
• Radiator temperature is assumed to be constant across thickness
• Heat loss from the edges is negligible.
• Incoming solar flux is negligible as the radiator looks into deep space all the time in

the orbit and mounted below the solar panel.
• Radiator plate is considered to be at a uniform temperature initially.
• Material properties do not change with respect to the temperature.
• Earth shine and planetary radiation are taken into consideration.

Firstly, a body-mount radiator is studied. Based on the advanced standard for Cube-
Sats [4], the maximum surface area of the body-mount radiator on a 6U satellite is not
more than 200 mm × 300 mm. However, full surface area cannot be utilized due to a few
mechanical constraints, and hence the maximum area is assumed to be 290 mm × 180 mm
(0.0522 m2). Similarly, the size of the radiator panel for a 27U satellite is considered to
be 300 mm × 300 mm (0.09 m2). The Figures 5 and 6 illustrate the orientation of the
body-mount and deployable radiators for 6U and 27U satellites with respect to the sun.

Figure 5. BMR-Satellite Orientation with respect to Sun.
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Figure 6. DR-Satellite Orientation with respect to Sun.

As can be seen in Figure 7, total heat rejected by both the body-mount (BMR) and
deployable radiators (DR) are increasing exponentially (due to fourth power of T) when
the temperature of the radiator is increased for a constant radiating surface area of 0.2 m2.
Total heat rejected for the deployable radiator is higher because of double-active radiating
surfaces, whereas the BMR has a single-active radiating surface. For the above calculations,
it is assumed that the radiating surfaces are coated with black paint which has an emissivity
of 0.85. The radiator is mounted below the solar panel for the 6U configuration, so they
do not absorb much heat if exposed to the sun but, typically the radiators are painted
white. Figure 8 illustrates the relationship between radiator area (Arad), temperature (Trad),
and total heat to be dissipated (Qinternal). For a constant temperature, the total heat loss
into deep space increases with increase in radiator surface area, and this variation is plotted
for different radiating temperatures. Placement of the radiator panels on the satellite body
is another important decision as the radiator should not be exposed to solar radiation,
which is a major heat source. A typical configuration for BMR radiator on a 6U satellite
body is shown in Figure 5. In the same way, deployable radiator configuration is also
implemented on the satellite body. These panels are thermally isolated from rest of the
satellite body to minimize thermal conduction but a strong thermal coupling is established
for the detector/component of interest which needs to be cooled.

Thermal storage devices can be used to reduce the surface area of the radiator panels,
which indirectly reduces the peak load if there is a transient heat load in the system.
However, it is still challenging for small satellite thermal control technologies. Thermal
dissipation for high power small satellites is challenging using only a body-mount radiator
panel, and this is best addressed by increasing the radiating area by means of deployable
panels. If deployable radiator panels are used, it is very important to ensure that the
thermal conductivity is higher for the hinges used. Flexible thermal straps along with
proper mechanical hinges, which have variable bending angles, can be used to deploy
radiators [33]. Flexible thermal straps can be considered for thermal connection between
the heat dissipating element and the deployable radiator.
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Figure 7. Heat rejection with temperature.

Figure 8. Heat rejection capacity with surface area

Besides radiator surface area, thickness also has a considerable effect on its temperature.
According to [34], Mackay and Leventhal et al. derived relationships for heat transfer from
an uniform plate heated at one edge. For a thin rectangular deployable radiator radiating
in free space, it is assumed that the heat enters uniformly at the fin base and then it passes
from the fin faces by radiation [33]. Heat dissipated by the fin faces is given by Equation (20)
and this relationship takes thickness parameter (L) into consideration.

qactual = 2kδL
[ σε

5kδ

] 1
2
[

T5
b − T5

a

] 1
2 (18)

where, qactual—Actual heat input at the base of the fin, δ—width of the fin, k—Thermal
conductivity, L—Radiator thickness, Tb—Radiator base temperature, Ta—Radiator tip
temperature.

The fin efficiency is calculated from Equation (20). It is defined as the ratio of the
actual heat dissipation to the ideal dissipation [35]. In ideal heat dissipation, the entire fin
is at the base temperature considered.

qIdeal = 2σεδLT4
b (19)

η =
qactual
qideal

(20)
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3.6. Heat Pipes

Heat pipes are two-phase heat transfer devices that are categorized as one of the
efficient passive thermal control methods for space applications because they do not need
any additional power for their operation [36]. With smaller cross sections and high thermal
conductance, these devices are capable of transferring heat over a long distance within the
satellite. Heat pipes are broadly divided into three sections, namely: evaporator, adiabatic,
and condenser. A typical heat pipe as illustrated in Figure 9 [37] has one evaporator
section that takes heat from a heat source. The heat causes change of phase of the working
fluid (water is used in this study) from liquid to vapor and moves to the adiabatic or
transportation section due to increased vapor pressure at the evaporator section and then
the vapor reaches the condenser section where condensation rejects the latent heat of the
fluid to the sink. The condensed liquid then moves back to the evaporator section due to
capillary pumping action [11,31]. The size of the heat pipe entirely depends on the heat
load that it is subjected to. Constant Conductance heat Pipes (CCHP) are the basic and
standard isothermal heat pipes whose thermal conductivity also can be varied by changing
the physical properties such as pore diameter, porosity, and permeability [38].

Figure 9. Heat Pipe—schematic.

Depending on the working fluid, wick structure, size, and operational temperature,
heat pipes undergo various heat transfer limitations [39]. Total and effective heat pipe
lengths are given in Equations (21) and (22).

ltotal = le + lad + lc (21)

le f f =
1
2
(le + lc) + lad (22)

Heat pipe parameters used in this study are given in Table 3 and these values are
derived based on available volume within the satellite.

Table 3. Heat pipe design parameters used.

Parameters Symbol Values

Vapor core diameter rv 0.003
Wall material - Copper
Working fluid - Water
Wall area (m2) Aw 0.0000026 × 10−6

Wall shape - circular
Evaporation length of heat pipe (m) le 0.08

Adiabatic length of heat pipe (m) lad 0.08
Condensation length of heat pipe (m) lc 0.12

Effective length of heat pipe (m) le f f 0.18
Thermal conductivity of heat pipe material

(W·m−1·K−1) λm 389

In this study, the heat pipes are considered to be directly embedded onto both heat ex-
changer (HX) and radiator aluminum panels to maximize the heat transfer rate. Embedded
heat pipes typically increase the effective thermal conductivity by several factors [40].
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4. Mechanical Design and Thermal Modelling of 6U CubeSat
4.1. Mechanical Design Considerations

Figure 10 shows a generic 6U satellite configuration with most heat-dissipating inter-
nal components such as batteries, avionics, actuators, communication module, payload
and a cryocooler. A deployable radiator designed for both of these configurations are
analyzed numerically. Radiator panels are mounted to one of the larger satellite surfaces in
these configurations.

Figure 10. 6U—Mechanical design.

The most heat dissipating elements are directly attached to a baseplate manufactured
from aluminum 6061-T6. For the deployable radiator, the hinge mechanism keeps the
radiator at stowed position below the deployable solar panel. Radiator is deployed into
deep space after the solar panels are released from Hold Down and Release mechanism
(HDRM). The base of the radiator is connected to the heat exchanger using high thermal
conductive links such as thermal straps and thermal interface materials in order to improve
the rate of heat transfer. The baseplate in this design accommodates a micro cryocooler
and payload electronics. The avionics subsystem in the satellite is separately linked to the
satellite external structure to keep them under operating temperature limits.

The proposed mass distribution for two satellite design configurations are listed in
Table 4.

Table 4. Mass distribution—6U satellite.

Components 6U Mass (kg) 27U Mass (kg)

Payload 3.5 6.2
Avionics 0.50 0.75
Battery 0.5 0.9

Heat Exchanger 0.40 0.75
Solar Panels 0.325 0.65

Satellite Structure 3.2 6.9
Radiator 0.35 0.9

Thermo-optical properties of some of the components that are considered in the
proposed 6U satellite design are listed in Table 5.
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Table 5. Surface properties—Used.

Components Materials Coating Absorptivity Emissivity

Solar Panels FR4 FR4 default 0.6 0.7
Payload external Al Yellow Chrome 0.2 0.37

Radiator Al 6061-T6 Silver Teflon 0.09 0.95
Battery Al 6061-T6 Polyimide + Al + PEEK 0.43 0.52

Cryocoooler Cold finger Copper Default copper 0.4 0.05
Heat Exchanger Al 6061-T6 Black anodize 0.73 0.86

4.2. Environmental Load Studies and Orbit Parameters

Optimization is carried out on the satellite such that the design is able to handle the
environmental heat loads for any orbital inclination and earth seasons. Orbital inclination
varying from 0 < i < 97.3 degrees is studied to confirm the design is optimum for all the
external heat load conditions. The variation of beta angles for every inclination is extracted
from Systems Tool Kit (STK) software and verified with a commercial thermal analysis
software, Thermal Desktop®.

Thermal simulations are carried out for four Earth seasons and seasonal environmental
heat loads and the Earth’s seasonal variations are shown in Figure 11. All the Earth-bound
Low Earth Orbits (LEO) will experience the same environmental thermal loads during its
mission period, and they affect the thermal behaviour of the satellite components. Hence,
the thermal design should consider all these fluctuations of the thermal loads. For the
given orbital parameters, worst case mission conditions will be identified for the given
satellite configurations and analyzed numerically. In general, for satellite thermal design,
two extreme cases are the worst conditions.

1. Worst cold condition: Satellite at LEO will experience coldest temperature in orbit
once a year, and it will happen during the Northern hemisphere summer where the
satellite will receive lesser flux from the sun. Earth is located at aphelion, and most of
the electronics and payloads are turned off. Beginning of the life (BOL) thermo-optical
parameters are used.

2. Worst hot condition: Satellite at LEO receives 10% higher than the satellite would
receive during summer. This happens during winter conditions. Earth is located at
perihelion, and all the electronics and payloads are operating at their peak power.
End of the life (EOL) thermo-optical parameters are used.

Figure 11. Variation in environmental heat loads due to Earth’s season.



Appl. Sci. 2022, 12, 2858 15 of 28

The orbital properties are illustrated pictorially in Figure 11. In addition to these
properties, other important properties that should be considered for thermal calculations
are beta angle, orbital inclination, and orbit type. Beta angle (β) is defined as the angle
between the solar vector and satellite orbital plane. This angle varies as the orbit precesses
around the Earth and as the Earth moves around the sun. This angle correlates to how
much sun light falls onto the satellite surfaces. For a higher beta angle, the satellite spends
more of the orbit in the sun. This angle varies with the inclination of the orbit. If the orbit is
not sun synchronous, β will move through the range as given in Equation (23) [41], but it
has some limitations for higher inclination orbits.

β = ±(23.5 + |i|) (23)

where, i—orbital inclination, varies from −90◦ ≤ β ≤ +90◦. Beta angles where the sun is
north of the orbit plane are considered positive. However, due to orbit precession, the right
ascension of ascending node varies with time and hence the β equation is modified as in
Equation (24) [11].

β = sin−1 cos Γ sin Ω sin i− sin Γ cos ε′ cos Ω sin i + sin Γ sin Γ cos i (24)

where, Γ—Ecliptic true solar longitude, Ω—Right ascension of ascending node (RAAN),
ε′ is Obliquity of the ecliptic (currently the tilt is at 23.5), and i is the orbit’s inclination.
RAAN and i are dependent on the satellite’s orbit but Γ is a function of earth’s position in
orbit around the sun [42]. Two factors that affect the beta angle are the change of seasons
and perturbation of the orbit due to earth oblateness. As the beta angle varies, there are
two consequences of interest to be considered [41].

• Planet shadow varies: Fraction of sunlight reaching the satellite reduces. This is
illustrated in Figure 12.

• The incident solar intensity varies. Variation of solar intensity ranges from 0 to
90 degrees and it is clearly seen from the variations plotted using System Tools Kit
(STK) tool. The relationship between the sun season and beta angles is also shown in
Figure 13.

Satellite in low earth circular orbits spends approximately 37% in eclipse and 63%
in sunlight for low inclination orbits. Satellite at 408 km altitude, eclipse duration grad-
ually reduces until when the beta angle approximately equals to 70 degrees as shown in
Figure 12 [41].

Figure 12. Fraction of time spent in sunlit and eclipse.
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Figure 13. Beta angle variation—STK.

4.3. Geometrical and Thermal Mathematical Model

The Geometrical Mathematical Model (GMM) is a mathematical representation of
physical surfaces of the components. It is used to calculate radiation coupling between
surfaces as well as heating rates due to environmental heat fluxes. The radiation interchange
couplings and environmental heat fluxes calculated by the GMM are used as inputs to the
Thermal Mathematical Model (TMM). The TMM consists of a resistor-capacitor network of
the spacecraft to calculate heat flows and temperatures.

A thermal model of the 6U satellite was developed using the Thermal Desktop (TD)
tool, which performs both the GMM and TMM components of the calculation. All the satel-
lite components such as outer metal plates of the satellite, internal components, payload,
and avionics are modelled as solid blocks and solar panels are modelled as 2D surfaces to
reduce computational time. Moreover, the variation in temperature across the thickness
is insignificant. However, the mass of each elements in both satellite configurations are
kept the same as provided in Table 4. In the process of developing thermal mathematical
model, thermal couplings were introduced to simulate the physical contact between various
satellite components.

Convergence studies with different finite elements were carried out on the thermal
model and confirmed that the change in temperature (∆T) is negligible(<1%). Thermal
models for these satellites are built such that it reflects all the physical connections, thermal
behaviour, and to have the same actual mass. The 6U satellite thermal model has a mass of
9 kg.

Thermal contact conductance (TCC) properties are generally empirically derived.
However, a table of standard values for bolted interfaces from the Spacecraft Thermal
Control Handbook are used in this study. All the major contacts with TCC are listed in
Table 6 [11].
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Table 6. Thermal contact conductance.

Contacting Bodies TCC Values [W/K]

Aluminium parts to aluminium parts
(Structures) 10

Solar Panels to Structure 2
Payload to Structure 3

Cryocooler to HX 5
Radiator to Structure 1.5

HX to Structure 1.2
HX to Radiator (Thermal straps) 5

4.4. Thermal Analysis—Heat Load Parameters

Thermal analyses were performed for the given mission parameters and heat loads for
both extreme temperature conditions. The 6U satellite with all the major heat dissipating
elements such as a mini cryocooler, battery pack, avionics and payload are considered in
the thermal model. Passive thermal control methods include heat pipes, thermal straps,
and body-mount radiator are analyzed initially. Later, radiator design for the same 6U
satellite configuration is analyzed for various design parameters.

5. Thermal Analysis and Results Discussion
5.1. Thermal Analysis of a 6U Satellite with Heat Pipes

For the satellite configuration shown in Figures 14 and 15 and heat load conditions
as listed in Table 7, thermal analyses were carried out for both worst hot and worst cold
conditions with constant conductance heat pipes (CCHP). The thermal model of the 6U
satellite with cryogenic payload is shown in Figure 16. This thermal model has a micro
cryocooler modelled as a cylinder with a copper cold finger, generic cryogenic payload
also modelled as a cylinder, and heat dissipating elements such as electronics, heaters,
and batteries. The thermal contact conductance values used are provided in Table 6. For this
study, it is considered that the satellite is orbiting around the earth at 535 km equatorial
orbit with 5◦ inclination. As can be seen from the thermal model, one of the larger surfaces
of the 6U satellite (maximum radiator area considered for BMR is 290 mm × 250 mm)
is used as the radiator plate to which the heat pipes are attached. This study considers
a generic mid-wave infrared instrument whose detector must be kept around 95K as
reference. To provide this cryogenic cooling, a miniature stirling cryocooler (Ricor K508) is
considered as it provides better performance at low input power.

Figure 14. Satellite’s attitude in orbit—BMR.
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Figure 15. Satellite’s attitude in orbit—DR.

Table 7. Thermal Model—Heat loads.

Components Peak Operation (W)—Hot Nominal (W)—Cold

Electrical Power System (EPS) 3.5 3.5
ADCS 0.65 0.65
OBDH 0.5 0.5

Payload 12.0 0.0
Camera 1.75 0.0
Battery 3.75 3.75

cryocooler 17 0

Figure 16. 6U Satellite Body-mount radiator.

Ricor K508N comes with a built-in compressor unit, and it consumes a maximum of
20W during its operation. The cryocooler and heaters are mounted to the Heat Exchanger
(HX) plate that is firmly attached to the satellite structure. The cryocooler cold head is
assumed to be connected to the IR instrument’s detector using high conductance copper
thermal straps covered with MLI to minimize the radiation loss and to aid the strap
conductance. Two different radiator configurations are analyzed to dissipate the waste heat
from the HX and the instrument.

1. Body-mount radiator: One of the large surfaces of the 6U satellite is modelled as a
body-mount radiator with high emissivity paint. CCHP are modelled such that it
connects both HX and the radiator panel. From the calculation, it was found that
the heat pipe with 300 mm long can carry up to 5 W of power. Hence, four heat
pipes are used and each has a condenser length of 60mm and an evaporator length
of 120 mm. The mass of the satellite’s structural panel with embedded heat pipes is
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860 g. The temperature summary of the body-mount radiator with embedded heat
pipes is shown in Figure 16. All the internal components are exchanging heat between
themselves and the external plates of the satellite exchange the heat with external
space environment. The amount of heat absorbed or emitted from any component is
strongly dependent on its surface thermo-optical properties.
The 6U satellite with BMR is analyzed for worst hot case orbital condition. The MWIR
instrument in this study is assumed to take science measurement all the time in the
orbit and hence the micro cryocooler considered to be running continuously to meet
the instrument’s thermal requirement at the detector. Cryocooler is mounted to the
HX and heat pipes are connected to both HX and BMR. The main objective of this
arrangement is to keep the temperature within the system interface temperature of
25 ◦C to 30 ◦C. However, the simulation results show that the body-mounted radiator
panel with four heat pipes is not able to provide sufficient thermal performance
as the temperature of the Cryocooler unit (CCU) exceeds its maximum operating
temperature of 85 ◦C as seen in Figure 17. Since both CCU and HX are placed inside
the satellite, their temperature should be maintained within the desirable limit in
order to ensure the rest of the satellite components are safe for continuous satellite
operation. An alternative thermal solution, deployable radiator, is studied for the
same satellite configuration.

2. Deployable radiator: For the same 6U satellite thermal model, the radiator is changed
to deployable configuration to compare the radiating capacity with BMR panel. As
with the BMR, the deployable radiator is made from aluminum 6061-T6 with a thick-
ness of 6 mm. CCHP are embedded to both HX and radiator separately and are
linked together using thermal straps along the edges of the radiator panel to make it
flexible. The surface area of the deployable radiator shown in Figure 18 is assumed to
be 150 mm × 270 mm with 620 g of mass including heat pipes.
The maximum operational range of CCU is −40 ◦C to +85 ◦C and the CCU tempera-
ture profile shown in Figure 19 indicates 35 ◦C of difference from its maximum limit.
Although the temperature of CCU is within its operational limit, the overall system
interface temperature, HX temperature in this case, remains high at 43 ◦C which
is still higher for other components. When compared to BMR panel configuration,
deployable radiator panel radiates two times higher for the same heat load.

Figure 17. 6U Satellite body-mount radiator with heat pipes—Temperature.
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Figure 18. 6U Satellite deployable radiator with heat pipes—Thermal model.

Figure 19. 6U Satellite deployable radiator with heat pipes.

5.2. Thermal Analysis of 6U satellite with Thermal Straps

In this case, a flexible copper thermal strap of the dimensions as indicated in Figure 3
is considered to be thermally coupled to the HX and the deployable radiator panel.
With higher applied joint pressure, thermal coupling between the radiator and HX plate
results from a large surface area attachment and both HX and the radiator panel are alu-
minum which has a relatively higher thermal conductivity. Since the thermal strap is
coupled to the HX plate, it is assumed that the thermal strap is isothermal with HX tem-
perature. The radiator panel is thermally isolated from the structure so that no parasitic
heat loads flow into the radiator panel except through the deployable mechanism and
only the thermal strap is the effective thermal path between the HX and the radiator panel
for heat conduction. Considering the length of the thermal strap in this configuration,
a large temperature gradient is expected between the end points of the strap. It is also
assumed that deep space is 0 K and the radiator has a full view factor to space, a thermal
simulation with the thermal strap and the radiator was carried out. Figures 20 and 21 show
the temperature profiles of the CCU, HX and the radiator panel. HX needs to be maintained
between 10 ◦C to 20 ◦C and the simulation shows that the HX exceeds its operational limit
with thermal straps. As the temperature of the radiator panel varies across its surface
area, a few locations including radiator edges and middle regions were picked to plot the
distributions and it is depicted in Figure 21.
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Figure 20. 6U Satellite deployable radiator with Thermal Straps—CC and HX Temperature.

Figure 21. 6U Satellite deployable radiator with Thermal Straps—Radiator Temperature.

Passive TCS studies carried out for a typical high powered 6U satellite platform using
thermal straps and heat pipes clearly show that the proposed satellite configuration need
to be equipped with an active TCS in order to keep the interface temperature within the
desirable range, and the passive solutions described here are not efficient for such satellites
with a cryogenic instrumentation.

5.3. Radiator Performance Evaluation Studies

As illustrated in Figures 22–25, the temperature of the body-mount and deployable
radiators remains almost constant for different inclinations varying from 0 to 90 degrees
for both worst orbital conditions. However, the temperature increases significantly with a
reduction in radiator surface area. As described using Equation (23), β varies with varying
orbital inclination (i). For every i, β changes due to Earth’s seasonal variation. In this study,
it is considered that the satellite is orbiting clockwise when observed from the sun or the sun
is at north of the orbit plane and hence β assumed to vary from 0 to 90◦ [42]. As seen from
Figure 13, there is a maximum β for every i and this maximum β us considered and plotted
against varying inclination angles as shown in figures As illustrated in Figures 22–25.
These figures illustrate the relationship between the temperature of radiator panels, i, β,
and radiator surface area. For a constant radiator area, the temperature of the radiator panel
will fluctuate while varying i and β. However, due to radiator’s position in the satellite
(placed just under the solar panels in this case), the temperature remains almost constant
for all inclinations.
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Figure 22. BMR temperature variation with inclination and beta angle—Worst hot condition.

Figure 23. DR temperature variation with inclination and beta angle—Worst hot condition.

Figure 24. BMR temperature variation with inclination and beta angle—Worst cold condition.
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Figure 25. DR temperature variation with inclination and beta angle—Worst cold condition.

As with the body-mount radiator, the temperature of the deployable radiator for the
orientation shown in Figure 6 also remains approximately constant for different inclination
angles. Hence, the radiator designed for one orbit can also be used for other orbit conditions
without altering too much and this is applicable only for the radiators that are not pointed
to the sun at any instant in the orbit. If the mission requires specific pointing, additional
environmental heat loads should be considered for the radiator design. It is observed from
the plots that the effect of beta angle variation is not affecting the radiator temperature
as the radiator is kept below the solar panels and the solar panels are assumed to have
pointed to the sun.

5.4. Radiator Thickness and Thermal Coating Studies

The following set of simulations were carried out for sun-synchronous orbits. The sun
synchronous orbit’s ascending node moves in the same direction and at the same average
rate as the sun’s motion about the ecliptic plane by selecting the right combination of alti-
tude and inclination [41]. Beta angle does not vary much for a satellite in a sun synchronous
orbit and it helps to ignore environmental heat variation, but the seasonal variations still
need to be considered. A special orbit, dawn-dusk, is studied and analyzed for the same
thermal design, satellite attitude, orientation, parameters that were used for the equatorial
orbit study.

From Figures 26 and 27, it can be proven that the radiator with higher thermal mass
(higher thickness) exhibits better performance than lower thermal mass (lower thickness).
Increasing the radiating panel thickness lowers the radiator maximum temperature in orbit
while keeping the radiating surface area constant. However, the temperature range of
the radiator panel is minimized with an increase in mass. The radiating capacity can be
altered using specialized surface paints as discussed in Section 3.2. A few commercially
available surface coatings are studied for the radiator performance, and the results are
shown in Figures 28 and 29. The maximum radiator temperature can be lowered using low
absorptivity paints and high emissivity paints which lowers the radiating temperature at
hot and cold conditions. Both surfaces of the radiator are considered to have surface paints
in the deployable radiator configuration as the panel radiates from both of its large surfaces,
whereas in the body-mount configuration, only the radiating surface is applied with this
coating and the other side is covered with a MLI. MLI in BMR helps to maintain the radiator
at a steady state by avoiding radiation in and out from the radiator panel. Hence, body-
mount radiator is considered to be a single-active face radiator, and deployable radiators
are double-active face radiators. From the analysis, it can be said that the body-mount
radiator panel can dissipate only 40–50% of the total heat that a full deployable radiator can
dissipate. For the radiator mass of 0.4 kg, BMR’s temperature range is 23.1 ◦C to −10.1 ◦C
and DR’s temperature range is 9.3 ◦C to −32.8 ◦C.
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Figure 26. BMR —Thickness Study.

Figure 27. DR—Temperature variation with radiator thickness.

Figure 28. BMR Surface coating study.
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Figure 29. DR Surface coating study.

A constantly illuminated orbit with no eclipse phase is also simulated for the same
thermal parameters and satellite configurations. This orbit provides constant power for the
satellite components, but it increases the thermal load on different components exposed to
the sun and this makes the thermal design more complex.

5.5. Discussion and Summary

Passive thermal control methods for cryogenic instrumentation, high power payloads
and electronics on nano and micro satellite platforms may be a suitable solution, but in
this design scenario, it fails to maintain the system interface temperature between 20 to
30 ◦C. However, there is a power threshold where a CubeSat will have adequate radiating
capability. Hence, active thermal control techniques are recommended to be considered
for such high power satellite missions. Active thermal control methods such as Loop Heat
Pipes (LHP), mechanically pumped fluid loop systems, are being studied and considered
suitable for solving thermal challenges in small satellite platforms. Radiator designs for
different satellite configurations were analyzed and compared. A satellite radiator designed
for a particular altitude, inclination, and specific orientation with respect to the sun can
provide the same performance for other inclination angles only if the radiator panels are
kept under the sun pointed solar panels. For this particular 6U design, as long as the
BMR is not seeing the partial/full sun or exposed to direct solar flux, it is expected that
the change in temperature of the radiator is minimal and within ±10 ◦C approximately.
Radiator mass affects its performance to a larger extent. While keeping the available surface
area constant, increasing the thickness increases the mass of the radiator panel fabricated
from Al6061-T6. The higher the thickness or higher the mass of the panel, the lower the
temperature difference and at the same time the overall radiator performance is increased.

Surface coatings were analyzed for a 6U satellite with body-mount and deployable
radiator configurations. It is observed that the surface coatings greatly enhance the radi-
ating capacity of the radiators for any satellite categories. Proper mounting methods and
placement of the radiators are to be chosen very carefully in order to achieve the maximum
heat loss into deep space. Most of the satellite radiators are designed to be pointed to deep
space rather than at the Earth or the sun. Two 6U satellite configurations discussed in this
study assumed that the radiators are pointed to deep space to minimize the environmental
heat load. Some satellite missions or payload require specific pointing which could point
the radiator to the sun for a few minutes. These special cases are carefully analyzed by
calculating the total incoming environmental heat load to the radiator precisely. Radiator
surfaces that faces the ram direction of the satellite need to be fabricated with high strength
materials or should be thicker in order to deal with micrometeoroid impacts in low earth
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orbits and atomic oxygen effects which significantly erode the surface coatings before the
end of the mission life.

6. Conclusions

Radiators are used on satellites to dump waste heat into deep space. Technological
advancements and demand for high power payloads on small nanosatellite platforms
increase the need for better thermal management systems. This study analyzed a few
passive thermal control methods, such as multi-layer insulation, thermal straps, heat pipes,
and passive radiators. Thermal straps are often used as high conductive flexible thermal
links to transfer heat from inaccessible locations in the satellite to various other parts. An ex-
perimental investigation is carried out on a custom-designed thermal strap to characterize
its conductance for different heat loads. The passive radiator is designed and studied
in detail for many parameters, such as radiating surface area, radiator mounting type,
surface coating, and radiator mass for a 6U satellite platform. The effect of different orbital
inclinations on the passive radiator is studied for the same satellite geometric parameters.
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Abbreviations
The following abbreviations are used in this manuscript:

ATCS Active Thermal Control System
PTCS Passive Thermal Control System
MLI Multi-layer Insulation
MWIR Mid-Wave InfraRed
SWIR Short-Wave InfraRed
TIR Thermal InfraRed
DC Dark Current
IR InfraRed
EO Earth Observation
ATOX Atomic Oxygen
UV Ultraviolet Radiation
EOL End-of-Life
BOL Beginning-of-Life
TCC Thermal Contact Conductance
TVAC Thermal Vacuum Chamber
LEO Low Earth Orbit
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GMM Geometrical Mathematical Model
TMM Thermal Mathematical Model
TD Thermal Desktop
HX Heat Exchanger
CCU Cryo Cooler Unit
BMR Body-Mount Radiator
DR Deployable Radiator
TCS Thermal Control System
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